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WIND-TUNNEL INVESTIGATION AT MACH NUMBERS 
FROM 0,25 TO 1.01 OF A TRANSPORT CONFIGURATION 

DESIGNED TO CRUISE AT NEAR -SONIC SPEEDS* 

By Richard A. Langhans and Stuart G. Flechner 
Langley Research Center 

SUMMARY 

A wind-tunnel investigation was conducted at Mach numbers from 0.25 to 1.01 to 
determine the static aerodynamic characteristics of a transport configuration designed to 
cruise at near-sonic speeds. 

The results of the investigation show that the configuration exhibits a sufficiently 
high drag -divergence Mach number to cruise at near-sonic speeds. The configuration is 
longitudinally stable through the cruise Mach number and lift -coefficient range, but at 
higher lift coefficients displays pitchup and becomes unstable. A rapid degradation in 
stability occurs with decreasing Mach number for Mach numbers below 0.95. Trim drag 
penalties, associated with increases in the static margin with Mach number, are reduced 
by the positive trend of the zero-lift pitching moment. 

The configuration was directionally stable at all test conditions and laterally stable 
in the angle -of -attack range required for cruise. 

INTRODUCTION 

The NASA supercritical airfoil, which has been under development for a number of 
years (refs. 1 to 4), is designed to delay shock-induced boundary -layer separation to 
Mach numbers and lift coefficients notably higher than those of conventional sections. 
Configurations employing this new concept have demonstrated the potential for obtaining 
significant increases in drag -divergence Mach number. 

Wind-tunnel investigations of a configuration with a sweptback supercritical wing 
designed for possible application to a transport aircraft (refs. 5 and 6) showed that the 
configuration had a drag-divergence Mach number of about 0.97; yet the flow over the wing 
was still satisfactory with only a small degree of trailing-edge separation to a Mach num- 
ber of approximately 1.00. It was conjectured that the drag divergence was primarily 
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associated with the nonoptimum cross-sectional area development of the configuration. 
Recent experimental results (ref, 7) indicate that this drag divergence could be substan- 
tially reduced by improving the longitudinal development of the normal cross-sectional 
area. This improvement was based on a refined area-rule concept at a Mach number 
of 1.00 which considers second-order effects. 

These results suggest the possibility of developing a transport configuration having 
a drag-divergence Mach number which would allow economically competitive cruise at 
near-sonic speeds. The purpose of this paper is to present the results from a wind- 
tunnel investigation at Mach numbers from 0.25 to 1.01 and angles of attack from about 
0° to 30° on a transport configuration designed to cruise at near-sonic speeds. Included 
are results showing the static longitudinal and lateral -directional aerodynamic charac- 
teristics for sideslip angles of 0°, 2.0°, 2.5°, and 5.0°. 

SYMBOLS 


The results presented herein are referred to the stability axis system for the lon- 
gitudinal characteristics and the body axis system for the lateral and directional charac- 
teristics. (See fig. 1(a).) All coefficients are based on the geometry of the basic trape- 
zoidal wing panel, which does not include the leading -edge glove or the trailing -edge 
extension but includes the fuselage intercept. (See fig. 1(b).) The moment reference 
center is located longitudinally at 37.86 percent of the mean geometric chord of the basic 
trapezoidal wing, 80.47 cm (31.68 in.) aft of the fuselage nose, and vertically at 0.686 cm 
(0.270 in.) above the fuselage reference line. (See fig. 1(b).) 

Values are given in both SI and U.S. Customary Units. The measurements and cal- 
culations were made in U.S. Customary Units. 

Coefficients and symbols used herein are defined as follows: 


A 

Am ax 
Ar 


AR ; max 


L max 


cross-sectional area 

maximum cross-sectional area 

area removed for stream -tube expansion at any x 

maximum area removed for stream -tube expansion, 24.4 cm^ (3.79 in^) 

d2 (Wax) 

d(x/Z) 2 


b 


wing span, 109.22 cm (43.0 in.) 



c 



stream wise chord of total wing planform, which includes leading -edge glove 
and trailing-edge extension 


mean geometric chord of basic wing panel 


C D 


drag coefficient, ^ >1 where drag is total measured drag minus base 
qb 


drag and internal drag of flow-through nacelles 


( c D,o) e ff effective zero-lift drag, computed from (C D>0 ) ef{ = (Cd) C l=0 .4 “ -^^(0.16) 


AC 


D 


ACi/ 

C L 


C l 


ac l ^ 

drag -due -to -lift parameter, slope of Cj) against Cl 2 at C L = 0.40 
Lift 


lift coefficient 


’ qS 


Cl^ lift-curve slope, dCj^/da, per degree 


rolling-moment coefficient, — — B E . 111 P - P) e nt 

qSb 


Cl 


P 


Cm 

Cm c L 

Cm,o 


rate of change of rolling-moment coefficient with sideslip (effective -dihedral 
parameter), AQ/A/3, per degree 

pitching-moment coefficient, - moment 

q c " 

longitudinal stability derivative, 9C m 
pitching -moment coefficient at zero lift 



C n yawing -moment coefficient, — moment 

qSb 

C n ^ rate of change of yawing -moment coefficient with sideslip (directional 

stability parameter), AC n /A/3, per degree 

Cy side-force coefficient, ° - rce 

1 ’ qS 

Cy.., rate of change of side -force coefficient with sideslip, ACy/A/3, per degree 
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K constant used to define zero-lift area distribution 


l 

M 

q 

R 

s 

X 

x max 


*R,max 


X n 


Ax 


total length of zero -lift body 

Mach number of undisturbed stream 

dynamic pressure of undisturbed stream 

Reynolds number based on mean geometric chord 

wing area (trapezoidal wing) including fuselage intercept 

longitudinal distance from model nose 

distance from model nose to maximum cross-sectional area of zero-lift shape 

distance from model nose to origin of region of stream -tube expansion 
compensation 

distance from model nose to point of maximum stream -tube 
expansion compensation 

distance from model nose to end of region of stream -tube expansion 
compensation 

longitudinal distance from leading edge to point of interest 


y distance measured spanwise from plane of symmetry, zero at fuselage 

reference line 

z distance measured along a line parallel to plane of symmetry and perpen- 

dicular to x and y, zero at fuselage reference line 

a angle of attack, referenced to fuselage reference line 

j3 angle of sideslip, referenced to fuselage reference line (positive when 

nose is left) 


8h 


horizontal-tail deflection, referenced to fuselage reference line (positive 
when trailing edge is down) 
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APPARATUS AND PROCEDURES 


Tunnel Description 

The investigation was conducted in the Langley 8-foot transonic pressure tunnel, a 
continuous, single -return tunnel with a slotted, rectangular test section. This facility has 
the capability for independent variation of Mach number, density, temperature, and humid- 
ity. A more complete description of this facility is contained in reference 8. 

For earlier investigations on models with a similar wing and of approximately the 
same size (refs. 5 and 6), tunnel slots with an open ratio of about 22 percent (designed on 
the basis of ref. 9 to give theoretically zero three-dimensional blockage) were used 
instead of the normal slots with an open ratio of 6 percent to alleviate tunnel wall block- 
age. However, there is some question as to the accuracy of this theory at Mach numbers 
approaching 1.00. 

Tunnel operating difficulties associated with the wider slots necessitated a return 
to the normal slots with 6 -percent open ratio, which appeared likely to produce signifi- 
cant blockage effects at the higher subsonic Mach numbers for a model of this size. 
However, since generally good correlation has been shown between unpublished drag- 
divergence data obtained with the slots with 22 -percent open ratio and results obtained 
with the slots with 6 -percent open ratio when wooden test-section wall inserts were used 
(fig. 1(c)), these wall inserts were included for the present investigation. 

Because of the nature of the flow field surrounding a lifting configuration, 60 per- 
cent of the streamline displacement was assumed to occur in the vertical direction. The 
wall inserts were therefore indented to account for 40 percent of the longitudinal develop- 
ment of the model cross-sectional area, effectively a bulging of the walls away from the 
model to reduce streamline distortion. (See ref. 10.) Fore and aft of the model, these 
inserts reduced tunnel test-section cross-sectional area by approximately 0.24 percent. 

Model Description 

Drawings of the wind-tunnel model and sting support are presented in figures 1(b) 
and 1(d), and several photographs are shown in figure 2. This configuration incorporated 
an NASA supercritical wing with lower surface leading-edge vortex generators, an 
extensively-area-ruled fuselage, three aft-mounted nacelles (two side-mounted flow- 
through nacelles and one simulated S-duct nacelle), and a T-tail. 

The configuration incorporated a low wing with a root incidence of approximately 
2° and with approximately 6° of twist (washout) between the root and tip chords. On the 
basis of the deflection characteristics presented in reference 5, aeroelastic effects at a 

Mach number of 0.99 and a dynamic pressure of 35 910 N/m2 (750 psf) can be expected 


I 
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to increase the twist at the tip approximately 2.6°. The wing airfoil coordinates are pre- 
sented in table I. The data presented in this report were based on preliminary measure- 
ments of the wing, and the final measurements varied from those originally used as shown 
in the table below. These final values were computed by use of the coordinates in table I 

at JL= 0.4651 and -^-= 0.9302. 
b/2 b/2 



Original values 

Final values 

Root chord 

24.727 cm (9.735 in.) 

24.620 cm (9.693 in.) 

Tip chord 

9.703 cm (3.820 in.) 

9.538 cm (3.755 in.) 

S 

0.1880 m2 (2.024 ft2) 

0.1865 m2 (2.008 ft 2 ) 

b 

109.22 cm (43.0 in.) 

109.22 cm (43.0 in.) 

c 

18.308 cm (7.208 in.) 

18.189 cm (7.161 in.) 

Aspect ratio 

6.3 

6.4 

Taper ratio 

0.392 

0.387 


The lower surface leading-edge vortex generators (ref. 7), which were 10-percent 


Clark-Y airfoils with the flat lower surface facing inboard, were located at 


b/2 


= 0.6163. 


The fuselage was shaped by use of an area rule refined to account for second-order 
effects. The forebody is described in table II, and the rest is defined by the normal cross 
sections presented. in figure 3. The longitudinal development of the cross-sectional area 
for the fuselage and the other model components is presented in figure 4(a). 


The flow-through nacelles, used to simulate the side-mounted engines (fig. 1(b)) are 
described by the coordinates presented in table III. The nacelles were mounted on pylons 
with the leading edge located 104.14 cm (41,0 in.) aft of the fuselage nose. 


Because of the particular sting arrangement utilized for this investigation, it was 
not possible to provide for flow through the vertical -tail -mounted S-duct nacelle. An 
alternate method was selected which would approximate the flow-field disturbances pro- 
duced by a flow-through nacelle. This consisted of a swept wedge having a cross-sectional 
area equal to the nacelle area minus the stream -tube area. (See figs. 2 and 3.) It should 
be noted that this is an approximate method of simulating the external inlet flow-field 
disturbance only. Other tests would be necessary for determining the nacelle flow effects 
on the model afterbody. The vertical tail had 50° of leading-edge sweep and incorporated 
a symmetrical supercritical airfoil section. Coordinates for the middle engine and 
vertical tail are presented in table IV. 

The horizontal tail had 45° of leading-edge sweep and was mounted at the top of the 
vertical tail. (See fig. 1(b).) The hinge line of the horizontal tail was located 21.84 cm 
(8.6 in.) above the fuselage reference line and at 33.8 percent of the mean geometric chord 
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of the horizontal tail. Coordinates for the horizontal tail, measured at a deflection of 5°, 
are presented in table V. 

Cross-Sectional Area Development 

The first objective in the cross-sectional area development was to define the design 
envelope. (See fig. 4(b).) A zero-lift area distribution was derived from tests of a zero- 
lift body of revolution and theory. The body of revolution had the characteristics of the 
NASA supercritical airfoil: a high subsonic drag -divergence Mach number, a blunt nose, 
and low curvature in the midregion. The zero-lift area distribution is defined by the fol- 
lowing equations: 

Forward of the maximum area, 

/_A_\" = — 2L_ 

Tmax / A/ A max 

and rearward of the maximum area, 


A \ _ 


'max 




K 


nil ax 


where 

A \" _ ^ (A /Amax] 
A max/ d(x/Z ) 2 


A _\ 


Amax/ 

cross-sectional area at any x 


constrained to be continuous at A - A 


max 


'■max 


maximum cross-sectional area, 203.9 cm2 (31.6 in2) 


K constant dependent upon body parameters A max , l , and x max 

l total length of zero -lift body, 152.4 cm (60.0 in.) 

x distance from body nose 

x max distance from body nose at which A = A m ax> 67.1 cm (26.4 in.) 

The particular zero -lift area distribution obtained from the equation and param- 
eters above is shown as (A) in figure 4(b) and presented in nondimensional form in 
table VI. 
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The zero-lift area distribution was reduced as shown in figure 4(b) to account for 
second-order effects which allow for expansion of the supersonic stream tubes about the 
upper surface of a lifting wing. The amount and extent of the area compensation was 
determined experimentally, and for the configuration discussed herein, the empirically 
derived equations for this second-order area consideration are 

Forward of the maximum area decrease, 
a A R .max 

Aid = z 

K 2 

and rearward of the maximum area decrease, 


1 - cos hr 


x - x r 


x R,max " x oy 


Ar = A 


R.max 


/7r x - x R,max N 

cos 1 

\2 X T - x R,maxy 


where the cosine is of an angle in radians and 


A R area that must be removed from zero -lift distribution at any x 

Ar max maximum area to be removed from the zero-lift distribution 24.4 cm^ 

(3.79 in2), constrained to be 1.3 percent of original wing area S 

x 0 location for origin of area reduction; intersection of basic wing -panel 

leading edge and model center line 


X R max distance from nose at which A R = A R max , constrained to be the most 
forward point of actual wing trailing edge, 86.9 cm (34.2 in.) 

x T distance from model nose at which area reduction is terminated, constrained 

to be 2/3 wing tip chord, 110.2 cm (43.4 in.) 


The area compensation for stream -tube expansion is shown as (B) in figure 4(b). 

The design envelope is now defined as the difference between these two area distributions, 
shown as (A) - (B) in figure 4(b). 

This design envelope was used to match the model components together for the con- 
figuration under investigation. The longitudinal development of the cross-sectional area 
for the complete configuration and the model components is presented in figure 4(a). The 
total area distribution almost identically matches the design envelope area distribution. 
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Boundary -Layer Transition 


For Mach numbers from 0.95 to 1.00, the boundary -layer trips were sized and 
located on the wing upper and lower surfaces by use of the techniques discussed in ref- 
erences 11 to 13 to simulate boundary -layer and shock-induced separation characteristics 
at full-scale Reynolds numbers. The trips were applied to the wing lower surface at 
45 percent of the local streamwise chord and to the outboard region of the upper surface 
at 45 percent of the local streamwise chord. On the basis of observations of the boundary- 
layer flow during earlier tests with the fluorescent-oil film method described in refer- 
ence 14, the trips on the wing upper surface were modified over the inboard region 
(moved slightly forward) to prevent the occurrence of laminar separation ahead of the 
trip. This laminar separation would not be expected at full-scale conditions since turbu- 
lent boundary -layer flow is usually established near the leading edge. This trip arrange- 
ment is designated as type I and is shown in figures 5(a) and 5(b). 

For Mach numbers of 0.90 and below, the boundary -layer trip on the wing upper 
surface was moved nearer the leading edge to prevent laminar separation from occurring 
ahead of the trip at high angles of attack. This trip is designated as type II and is shown 
in figure 5(c). 

For all Mach numbers, the fuselage boundary -layer trip was applied 3.81 cm 
(1.50 in.) aft of the fuselage nose. The trips on the vertical tail were located at 45 per- 
cent of the local streamwise chord, beginning below the horizontal tail and ending 6.60 cm 
(2.6 in.) above the fuselage. The trips on the horizontal tail were located at 45 percent 
of the streamwise chord on the upper surface, and from 22.5 percent of the local sti'eam- 
wise chord 1.27 cm (0.5 in.) inboard from the tip to 45 percent of the local streamwise 
chord of the root. These trips consisted of No. 100 carborundum grains and were 
0.127 cm (0.05 in.) wide. 

The trips on the flow-through nacelles were located 0.51 cm (0.20 in.) behind the 
aftmost point of the inlet, inside and outside, and were perpendicular to the center line 
of the nacelle. The trip on the wedge, which simulated the third engine, was located 
1.27 cm (0.50 in.) aft of, and parallel to, the wedge leading edge. These trips consisted 
of No. 180 carborundum grains. All trips were 0.127 cm (0.05 in.) wide. 

The forward boundary -layer trips were located and sized by the procedures 
described in reference 13. The rearward boundary-layer trips were also sized by the 
procedures discussed in reference 13 although located according to reference 12. 

When employing the technique described in reference 12 to simulate boundary -layer 
and shock-induced separation characteristics at full-scale Reynolds numbers, transition 
must occur only at the prescribed trip locations. As a result, it is important to maintain 

the model region ahead of the boundary -layer trips in an extremely smooth condition to 


prevent premature transition to turbulent flow. However, for the present investigation, 
natural transition to turbulent flow occurred on several model regions despite the smooth 
condition of the model. These regions were the glove, inboard of the 20.32-cm (8-in.) 

semispan station, and most of the vertical tail. 

To aid in the analysis of the data obtained with the rearward boundary -layer trips, 
the skin-friction drag coefficient was computed for the wing by use of two-dimensional 
boundary -layer theory and the experimental pressure distributions presented in refer- 
ence 6 for lift coefficients near 0.40. For the laminar portions of the boundary layer, an 
approximate procedure from reference 15 was used, and for the turbulent portions, refer- 
ences 16 and 17 were used. For the horizontal and vertical tails, average dynamic pres- 
sures based on available experiments and estimates were used. On the basis of these 
computations, the following corrections should be applied to the wind-tunnel data to 
adjust to a condition for which transition occurs at the 5 -percent chord on the wing and 
tail surfaces. For the wing at Mach numbers of 0.80 to 0.90, ACq of 0.0007 should be 
added, and at Mach numbers of 0.95 to 1.00, AOq of 0.0015 should be added. For the 
horizontal and vertical tails, ACj) = 0.0006 should be added at all Mach numbers from 
0.80 to 1.00. 


Test Conditions 

Tests were conducted at Mach numbers from 0.25 to 1.01. The stagnation tempera- 
ture of the tunnel air was automatically maintained at a value of approximately 322 K 
(120° F), and the air was dried until the dewpoint temperature in the test section was 
reduced sufficiently to avoid condensation effects. Test conditions are summarized in 
table VII. 


Measurements 

Aerodynamic forces and moments on the model were measured by means of a six- 
component electrical strain-gage balance housed within the fuselage cavity. Differential 
pressure transducers referenced to free -stream static pressure were used to measure 
the sting -cavity and model -base pressures. Measurements were taken over a Mach num- 
ber range from 0.25 to 1.01 for angles of attack that generally varied from 0° to 16°. 
Several additional runs were made at Mach numbers of 0.25 and 0.50 to obtain data at 
angles of attack to 32. These data were obtained by use of an offset coupling, which is 
shown in figure 1(d). Force and moment data were also obtained through the lower angle - 
of-attack range for sideslip angles of 2.0°, 2.5°, and 5.0°. 

To aid in the analysis of the boundary -layer flow patterns, photographs were taken 
at selected test conditions of the wing upper and lower surfaces by employing the 
fluorescent -oil film technique described in reference 14. Schlieren photographs were 
also taken at selected test conditions. 




Corrections 

The drag results presented herein have been adjusted to correspond to free -stream 
static pressure acting over the cross-sectional area of the sting at the model base and 
for the internal drag of the flow-through nacelles. 

The model support sting (with the exception of the offset coupling) was designed on 
the basis of the results in reference 18 to minimize sting interference at near-sonic 
Mach numbers. 

Corrections have been made to the measured angles of attack for model support 
sting and balance deflections as a result of aerodynamic loads on the model. Further 
corrections have been made to the measured angle of attack for tunnel flow angularity 
and for first-order boundary -induced lift -interference effects. This boundary -induced 
lift -interference correction, based on the theory of reference 19, amounted to reductions 
in the measured angles of attack of 0.09 times the normal force coefficient. 

The large size of the present model relative to the tunnel size (ratio of model cross- 
sectional area to tunnel area is 0.005) raises a question of the absolute accuracy of the 
results at test Mach numbers approaching 1.00. Unpublished drag-divergence data 
obtained for the model of reference 5 by use of the same wind-tunnel test-section geomet- 
ric configuration as for the present investigation have been compared with flight test 
results. This comparison indicates that the wind-tunnel drag characteristics at Mach 
numbers greater than 0.99 are questionable. Therefore, no drag data above this Mach 
number are included herein. 

PRESENTATION OF RESULTS 


The results of this investigation are presented in the following figures: 

Longitudinal aerodynamic characteristics: 

Longitudinal aerodynamic characteristics with type I transition; /3 = 0° . . . . 
Longitudinal aerodynamic characteristics with types I and II transition; 

j3 = 0° 

Effect of horizontal-tail deflections on longitudinal aerodynamic charac- 
teristics at high angles of attack; transition type II, ft = 0 ° . 

Variation of longitudinal aerodynamic characteristics with Mach number; 

0 = 0°, 6 h = -1.0° 

Effect of sideslip on longitudinal aerodynamic characteristics; transition 
type II, 6 h = -1.0° 


Figure 

6 

7 

8 
9 

10 
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Figure 


Lateral -directional aerodynamic characteristics: 

Effect of sideslip on lateral aerodynamic characteristics; transition 

type II, 8^ = -1.0° . . , 

Effect of model components on lateral aerodynamic characteristics; 

transition type II 

Effect of model components on lateral stability parameters; transition 
type II 


11 
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RESULTS AND DISCUSSION 

Longitudinal Aerodynamic Characteristics 

Lift characteristics. - As shown by the data presented in figures 6 and 7, the lift 
curves are nearly linear to a lift coefficient of approximately 0.40, at which point the lift- 
curve slopes decrease probably because of progressive wing tip and trailing-edge separa- 
tion. The variation of lift-curve slope with Mach number is presented in figure 9(d) for 
a horizontal -tail deflection of -1.0°. These slopes, measured at the design cruise lift 
coefficient of 0.40, increase with Mach number to a maximum value at M = 1.00. The 
rearward transition location (type I) , which was used to obtain the performance data at 
Mach numbers of 0.95 and above, increased the lift-curve slopes at Mach numbers 
above 0.95. 


The data for the high angle -of -attack range, obtained with the offset sting arrange- 
ment shown in figure 1(d), are presented in figure 8. These data show a significant 
loss of lift at angles of attack between 18° and 20°. It is conjectured that the outboard 
region of the wing has stalled at these angles of attack and that the inboard region of the 
wing and the glove continue to produce lift at the higher angles of attack. 

Pitching-moment characteristics .- The pitching -moment characteristics presented 
in figures 6 and 7 show the model to be longitudinally stable through the cruise lift coef- 
ficient and Mach number range. Pitchup and static longitudinal instability are noted at 
the higher lift coefficients for all horizontal-tail deflection angles for which data were 
obtained. A rapid degradation in static longitudinal stability with decreasing Mach num- 
bers occurs for Mach numbers below 0.95. 

The data for the high angle -of -attack range (fig. 8) show that the horizontal tail 
remained effective in providing pitch increments over the angle -of -attack range investi- 
gated for horizontal -tail deflections up to +5°. The higher tail deflections indicate reduced 
control effectiveness probably caused by flow separation on the horizontal tail. As was 
previously discussed, the break in the pitching -moment curves is mainly associated with 
stalling of the outboard region of the wing, as indicated by the tail-off data. 
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The summary of the longitudinal stability characteristics, measured at the design 
cruise lift coefficient of 0.40, is presented in figure 9(c) for a horizontal -tail deflection 
of -1.0°. Although the static margin increases with Mach number ^more negative 

the associated trim drag penalties are reduced by the increasing values of C mj0 . With 
the rearward transition (type I), there is a large increase in static margin and less posi- 
tive C m o, as would be expected with the shock in a more rearward location. 

Drag characteristics .- The variation of the drag coefficient with Mach number, 
measured at the design cruise lift coefficient of 0.40 is presented in figure 9(b) for a 
horizontal -tail deflection of -1.0°. A drag -divergence Mach number above 0.99 is indi- 
cated by the data ^drag -divergence Mach number being defined as the Mach number at 

which = o.lV The data presented in figure 9(a) support this view, as there is little 

8M j 

change in the drag -due -to -lift parameter and no rapid increase in the effective zero-lift 
drag. However, because the drag data at the higher Mach numbers (above 0.99) were 
considered to be questionable, the exact drag -divergence Mach number could not be 
determined. 


Lateral -Directional Aerodynamic Characteristics 

Figure 10 presents the effects of sideslip angle on the longitudinal aerodynamic 
characteristics, referenced to the stability axis system (fig. 1(a)). Little effect is noted 
for a sideslip angle of 2.5°. However, a sideslip angle of 5.0° results in the pitching 
moments becoming more negative with little change in the curve shape. Sideslip had 
little effect on the lift characteristics. 

The lateral-directional aerodynamic characteristics are presented in figures 11 
and 12 and are summarized in figure 13. These data show that the complete model was 
directionally stable at all Mach numbers and angles of attack at which data were obtained. 
Removing the horizontal tail decreased the directional stability, and the configuration with 
the vertical tail removed was directionally unstable. 

The data of figure 13 show that the model was laterally stable over the angle-of- 
attack range investigated at the lower Mach numbers. (See figs. 13(a) and 13(b).) How- 
ever, as the Mach number increased, the lateral stability became nonlinear with angle of 
attack and the model became unstable at small positive angles and between approximately 
4° to 6° angle of attack (figs. 13(d) and 13(e)), but remained stable at the angle of attack 
required for cruise. Removal of the horizontal and vertical tails decreased the lateral 
stability at all test conditions. 


13 



CONCLUSIONS 


Wind-tunnel tests to determine the static aerodynamic characteristics of a transport 
configuration designed to cruise at near-sonic speeds have indicated the following 
conclusions: 

1. The configuration exhibits a sufficiently high drag -divergence Mach number to 
cruise at Mach numbers approaching 1.00. 

2. The configuration is longitudinally stable in the cruise lift-coefficient and Mach 
number range, but at higher lift coefficients pitches up and becomes unstable. A rapid 
degradation in stability occurs with decreasing Mach number for Mach numbers below 
0.95. 

3. Although the static margin increases significantly with Mach number, excessive 
trim drag penalties are reduced by an associated increase in the zero-lift pitching moment. 

4. The complete configuration was directionally stable at all test conditions and was 
laterally stable in the angle -of -attack range for cruise. 

Langley Research Center, 

National Aeronautics and Space Administration, 

Hampton, Va., July 5, 1972. 


<JHh fc • ' 
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TABLE I.- WING AIRFOIL COORDINATES 


Ax/c 

-i- = 0.1395 
b/2 

c = 46.068 cm (18.137 in.) 
x = 41.252 cm (16.241 in.) 

= 0 

b/2 

c = 35.639 cm 
x = 51.173 cm 

.1860 

(14.031 in.) 
(20.147 in.) 

-X-= 0.2791 
b/2 

c = 23.604 cm (9.293 in.) 
x = 63.701 cm (25.079 in.) 

- 3 —= 0.3721 
b/2 

c = 19.126 cm (7.530 in.) 
x = 70.495 cm (27.754 in.) 

-£-= 0.4651 
b/2 

c as 17.605 cm (6.931 in.) 
x as 75.565 cm (29.750 in.) 


z/c 

z/c 

z/c 

z/c 

z/c 


Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

0 

.0025 

-0.0725 

-0.0869 

-0.1109 

-0.1255 

-0.1995 

-0.2159 

-0.2688 

-0.2827 

-0.3044 

-0.3204 

.0050 

-.0721 

-.0894 

-.1084 

-.1279 

-.1962 

-.2193 

-.2659 

-.2857 

-.3014 

-.3233 

.0100 

-.0673 

-.0925 

-.1048 

-.1315 

-.1919 

-.2233 

-.2614 

-.2896 

-.2976 

-.3274 

.0200 

-.0638 

-.0967 

-.1003 

-.1365 

-.1862 

-.2289 

-.2560 

-.2948 

-.2925 

-.3320 

.0300 

-.0612 

-.1002 

-.0971 

-.1403 

-.1824 

-.2328 

-.2525 

-.2984 

-.2891 

-.3352 

.0400 

-.0590 

-.1030 

-.0945 

-.1435 

-.1794 

-.2360 

-.2497 

-.3011 

-.2867 

-.3375 

.0500 

-.0573 

-.1056 

-.0924 

-.1460 

-.1771 

-.2386 

-.2474 

-.3032 

-.2844 

-.3393 

.1000 

-.0511 

-.1148 

-.0862 

-.1557 

-.1706 

-.2474 

-.2406 

-.3101 

-.2774 

-.3454 

.1500 

-.0474 

-.1214 

-.0830 

-.1630 

-.1671 

-.2528 

-.2361 

-.3139 

-.2731 

-.3486 

.2000 

-.0455 

-.1271 

-.0810 

-.1686 

-.1646 

-.2568 

-.2327 

-.3163 

-.2699 

-.3502 

.2500 

-.0449 

-.1319 

-.0798 

-.1733 

-.1635 

-.2590 

-.2304 

-.3177 

-.2678 

-.3507 

.3000 

-.0454 

-.1358 ' 

-.0797 

-.1768 

-.1629 

-.2602 

-.2290 

-.3181 

-.2661 

-.3507 

.3500 

-.0465 

-.1391 

-.0806 

-.1792 

-.1633 

-.2603 

-.2284 

-.3178 

-.2648 

-.3500 

.4000 

-.0482 

-.1415 

-.0823 

-.1803 

-.1642 

-.2594 

-.2286 

-.3167 

-.2639 

-.3486 

.4500 

-.0508 

-.1429 

-.0847 

-.1802 

-.1657 

-.2576 

-.2290 

-.3149 

-.2635 

-.3466 

.5000 

-.0539 

-.1431 

-.0875 

-.1790 

-.1677 

-.2549 

-.2296 

-.3122 

-.2633 

-.3434 

.5500 

-.0575 

-.1420 

-.0912 

-.1770 

-.1701 

-.2512 

-.2305 

-.3085 

-.2633 

-.3395 

.6000 

-.0617 

-.1400 

-.0954 

-.1737 

-.1730 

-.2462 

-.2317 

-.3032 

-.2639 

-.3343 

.6500 

-.0667 

-.1370 

-.0999 

-.1693 

-.1760 

-.2405 

-.2333 

-.2964 

-.2649 

-.3275 

.7000 

-.0724 

-.1329 

-.1049 

-.1638 

-.1796 

-.2345 

-.2353 

-.2884 

-.2662 

-.3187 

.7500 

-.0784 

-.1275 

-.1103 

-.1579 

-.1835 

-.2278 

-.2380 

-.2798 

-.2681 

-.3092 

.8000 

-.0845 

-.1218 

-.1158 

-.1519 

-.1878 

-.2210 

-.2410 

-.2717 

-.2707 

-.3004 

.8500 

-.0910 

-.1166 

-.1216 

-.1467 

-.1923 

-.2152 

-.2450 

-.2657 

-.2744 

-.2942 

.9000 

-.0978 

-.1134 

-.1276 

-.1433 

-.1974 

-.2118 

-.2497 

-.2631 

-.2793 

-.2916 

.9500 

-.1049 

-.1131 

-.1341 

-.1433 

-.2027 

-.2120 

-.2551 

-.2644 

-.2861 

-.2955 

.9700 

-.1079 

-.1142 

-.1368 

-.1443 

-.2052 

-.2128 

-.2578 

-.2667 

-.2896 

-.2984 

.9800 

-.1093 

-.1148 

-.1382 

-.1448 

-.2064 

-.2134 

-.2592 

-.2681 

-.2916 

-.3008 

.9900 

-.1110 

-.1153 

-.1397 

-.1457 

-.2079 

-.2141 

-.2610 

-.2693 

-.2939 

-.3030 

.9950 

-.1113 

-.1152 

-.1406 

-.1460 

-.2087 

-.2147 

-.2618 

-.2701 

-.2952 

-.3036 

.9975 

1.0000 

-.1114 

-.1149 

-.1410 

-.1462 

-.2090 

-.2146 

-.2624 

-.2701 

-.2961 

-.3040 









TABLE I.- WING AIRFOIL COORDINATES - Concluded 



y 

b/2 

c = 16.248 

= 0.5581 
cm (6.397 in.) 

^2 = 0.6512 

c = 14.836 cm (5.841 in.) 

^= 0.7442 

c = 13.419 cm (5.283 in.) 

y 

b/2 

c = 12.014 

= 0.8372 
cm (4.730 in.) 

-£- = 0.9302 
b/2 

c = 10.589 cm (4.169 in.) 

Ax/c 

x = 80.513 cm 

(31.698 in.) 

x = 85.474 cm 

(33.651 in.) 

x = 90.442 cm (35.607 in.) 

x = 95.410 cm (37.563 in.) 

x = 100.396 cm (39.526 in.) 

z/c 

z/c 

z/c 

' z/c 

z/c. 


Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

0 

.0025 

-0.3439 



-0.3595 

-0.3917 

-0.4054 

-0.4488 

-0.4613 

-0.5182 


-0.5313 

-0.6097 

-0.6213 

.0050 

-.3408 



-.3622 

-.3883 

-.4081 

-.4454 

-.4643 

-.5150 


-.5334 

-.6076 

-.6234 

.0100 

-.3367 



-.3658 

-.3840 

-.4121 

-.4414 

-.4681 

-.5112 


-.5370 

-.6037 

-.6272 

.0200 

-.3317 



-.3705 

-.3792 

-.4165 

-.4365 

-.4725 

-.5061 


-.5412 

-.5980 

-.6311 

.0300 

-.3283 



-.3733 

-.3760 

-.4194 

-.4331 

-.4751 

-.5027 


-.5440 

-.5939 

-.6332 

.0400 

-.3258 



-.3755 

-.3734 

-.4215 

-.4306 

-.4770 

-.5000 


-.5457 

-.5905 

-.6349 

.0500 

-.3237 



-.3772 

-.3715 

-.4230 

-.4285 

-.4787 

-.4979 


-.5469 

-.5882 

-.6359 

.1000 

-.3166 



-.3827 

-.3643 

-.4280 

-.4212 

-.4825 

-.4905 


-.5503 

-.5788 

-.6378 

.1500 

-.3119 



-.3855 

-.3594 

-.4301 

-.4162 

-.4840 

-.4850 


-.5513 

-.5718 

-.6371 

.2000 

-.3084 



-.3866 

-.3554 

-.4307 

-.4121 

-.4842 

-.4803 


-.5510 

-.5661 

-.6354 

.2500 

-.3056 



-.3869 

-.3523 

-.4304 

-.4083 

-.4836 

-.4763 


-.5495 

-.5608 

-.6328 

.3000 

-.3034 



-.3864 

-.3496 

-.4295 

-.4051 

-.4823 

-.4723 


-.5476 

-.5562 

-.6294 

.3500 

-.3019 



-.3852 

-.3474 

-.4278 

-.4022 

-.4802 

-.4689 


-.5446 

-.5517 

-.6256 

.4000 

-.3006 



-.3833 

-.3455 

-.4258 

-.3996 

-.4778 

-.4655 


-.5412 

-.5476 

-.6213 

.4500 

-.2997 



-.3810 

-.3439 

-.4230 

-.3973 

-.4745 

-.4624 


-.5372 

-.5438 

-.6162 

.5000 

-.2990 



-.3777 

-.3427 

-.4194 

-.3956 

-.4708 

-.4594 


-.5323 

-.5402 

-.6105 

.5500 

-.2987 



-.3735 

-.3417 

-.4150 

-.3941 

-.4658 

-.4569 


-.5264 

-.5368 

-.6037 

.6000 

-.2987 



-.3681 

-.3414 

-.4092 

-.3926 

-.4596 

-.4543 


-.5192 

-.5339 

-.5961 

.6500 

-.2992 



-.3610 

-.3412 

-.4018 

-.3918 

-.4518 

-.4522 


-.5104 

-.5315 

-.5870 

.7000 

-.3000 



-.3520 

-.3414 

-.3926 

-.3914 

-.4422 

-.4505 


-.4998 

-.5291 

-.5764 

.7500 

-.3014 



-.3422 

-.3422 

-.3826 

-.3916 

-.4321 

-.4495 


-.4886 

-.5275 

-.5651 

.8000 

-.3036 



-.3334 

-.3439 

-.3737 

-.3922 

-.4229 

-.4493 


-.4784 

-.5267 

-.5546 

.8500 

-.3070 



-.3269 

-.3469 

-.3671 

-.3945 

-.4159 

-.4499 


-.4702 

-.5272 

-.5469 

.9000 

-.3119 



-.3239 

-.3515 

-.3643 

-.3979 

-.4126 

-.4524 


-.4662 

-.5296 

-.5440 

.9500 

-.3191 



-.3272 

-.3582 

-.3676 

-.4037 

-.4153 

-.4575 


-.4683 

-.5344 

-.5467 

.9700 

-.3227 



-.3311 

-.3618 

-.3710 

-.4075 

-.4179 

-.4609 


-.4710 

-.5375 

-.5493 

.9800 

-.3247 



-.3331 

-.3638 

-.3732 

-.4096 

-.4200 

-.4630 


-.4725 

-.5397 

-.5505 

.9900 

-.3272 



-.3356 

-.3664 

-.3751 

-.4119 

-.4219 

-.4653 


-.4744 

-.5426 

-.5519 

.9950 

-.3284 



-.3372 

-.3679 

-.3763 

-.4134 

-.4227 

-.4670 


-.4755 

-.5440 

-.5524 

.9975 

-.3297 



-.3375 

-.3688 

-.3766 

-.4143 

-.4229 

-.4683 


-.4757 

-.5452 

-.5524 

1.0000 
















TABLE II.- FUSELAGE FORE BODY RADII 


[Center of radii, 0.457 cm (0.180 in.) below reference center line] 


Upper and lower 

Longitudinal 

station 

Radius 

cm 

in. 

cm 

in. 

0 

0 

0 

0 

2.54 

1.00 

2.769 

1.090 

5.08 

2.00 

3.658 

1.440 

7.62 

3.00 

4.293 

1.690 

10.16 

4.00 

4.801 

1.890 

12.70 

5.00 

5.232 

2.060 

15.24 

6.00 

5.588 

2.200 

17.78 

7.00 

5.893 

2.320 

20.32 

8.00 

6.172 

2.430 

22.86 

9.00 

6.426 

2.530 

25.40 

10.00 

6.655 

2.620 

27.94 

11.00 

6.858 

2.700 

30.48 

12.00 

7.036 

2.770 

33.02 

13.00 

7.188 

2.830 

35.56 

14.00 

7.315 

2.880 

38.10 

15.00 

7.417 

2.920 

40.64 

16.00 

7.468 

2.940 

43.18 

17.00 

7.468 

2.940 

45.72 

18.00 

7.442 

2.930 

48.26 

19.00 

7.391 

2.910 

50.80 

20.00 

7.315 

2.880 

53.34 

21.00 

7.188 

2.830 

55.88 

22.00 

7.036 

2.770 

58.42 

23.00 

6.833 

2.690 

60.96 

24.00 

6.579 

2.590 


Upper only 

Longitudinal 

station 

Radius 

cm 

in. 

cm 

in. 

63.50 

25.00 

6.274 

2.470 

66.04 

26.00 

5.994 

2.360 

68.58 

27.00 

5.766 

2.270 

71.12 

28.00 

5.563 

2.190 

73.66 

29.00 

5.436 

2.140 

76.20 

30.00 

5.385 

2.120 

78.74 

31.00 

5.410 

2.130 

81.28 

32.00 

5.486 

2.160 

83.82 

33.00 

5.613 

2.210 

86.36 

34.00 

5.791 

2.280 

88.90 

35.00 

5.969 

2.350 

91.44 

36.00 

6.147 

2.420 

93.98 

37.00 

6.325 

2.490 

96.52 

38.00 

6.502 

2.560 

99.06 

39.00 

6.579 

2.590 









TABLE III.- COORDINATES OF FLOW-THROUGH NACELLES 
[inside diameter, 4.928 cm (1.940 in.); x = 98.933 cm (38.950 in.)] 





TABLE IV.- MIDDLE -ENGINE AND VERTICAL -TAIL AIRFOIL COORDINATES 


Afc/c 

z = 5.944 cm (2.340 in.) 
c = 29.347 cm (11.554 in.) 
x = 105.547 cm (41.554 in.) 

z = 7.620 cm (3.000 in.) 
c = 31.892 cm (12.556 in.) 
x = 104.148 cm (41.003 in.) 

z = 10.160 cm (4.000 in.) 
c = 33.254 cm (13.092 in.) 
x = 104.785 cm (41.254 in.) 

z = 12.446 cm (4.900 in.) 
c = 34.643 cm (13.639 in.) 
x = 105.519 cm (41.543 in.) 

z = 12.700 cm (5.000 in.) 
c = 33.104 cm (13.033 in.) 

X = 106.832 cm (42.060 in.) 


y/c 

y/c 

y/c 

• y/c 

y/c 

0 

.0025 

0.0010 

0.0014 

0.0022 

0.0007 

0.0015 

.0050 

.0011 

.0018 

.0027 

.0011 

.0021 

.0100 

.0016 

.0025 

.0036 

.0018 

.0030 

.0200 

.0019 

.0041 

.0048 

.0030 

.0042 

.0300 

.0022 

.0055 

.0060 

.0040 

.0052 

.0400 

.0025 

.0068 

.0073 

.0050 

.0064 

.0500 

.0029 

.0080 

.0086 

.0061 

.0072 

.1000 

.0090 

.0145 

.0151 

.0110 

.0116 

.1500 

.0172 

.0213 

.0212 

.0154 

.0154 

.2000 

.0271 

.0283 

.0273 

.0197 

.0206 

.2500 

.0377 

.0355 

.0334 

.0240 

.0253 

.3000 

.0481 

.0428 

.0391 

.0283 

.0298 

.3500 

.0561 

.0496 

.0440 

.0323 

.0341 

.4000 

.0606 

.0546 

.0473 

.0357 

.0376 

.4500 

.0629 

.0570 

.0490 

.0385 

.0401 

.5000 

.0630 

.0573 

.0494 

.0401 

.0417 

.5500 

.0616 

.0566 

.0490 

.0409 

.0421 

.6000 

.0603 

.0540 

.0471 

.0404 

.0414 

.6500 

.0546 

.0502 

.0440 

.0386 

.0396 

.7000 

.0499 

.0457 

.0399 

.0361 

.0368 

.7500 

.0447 

.0405 

.0351 

.0327 

.0331 

.8000 

.0383 

.0343 

.0299 

.0282 

.0281 

.8500 

.0306 

.0272 

.0244 

.0224 

.0224 

.9000 

.0223 

.0196 

.0181 

.0162 

.0163 

.9500 

.0134 

.0121 

.0112 

.0098 

.0098 

.9700 

.0101 

.0092 

.0083 

.0072 

.0072 

.9800 

.0085 

.0070 

.0067 

.0056 

.0058 

| .9900 

.0067 

.0059 

.0050 

.0040 

.0041 

.9950 

.0055 

.0049 

.0040 

.0032 

.0032 

.9975 

.0048 

.0043 

.0035 

.0027 

.0028 

1.0000 

.0042 

.0037 

.0030 

.0022 

.0022 



TABLE IV.- MIDDLE -ENGINE AND VERTICAL -TAIL AIRFOIL COORDINATES - Concluded 



z = 15.240 cm (6.000 in.) 

z = 17.780 cm (7.000 in.) 

z = 20.320 cm (8.000 in.) 

z = 21.209 cm (8.350 in.) 

z = 23.495 cm (9.250 in.) 

Ax/c 

c = 22.012 cm (8.666 in.) 

c = 20.345 cm (8.010 in.) 

c = 19.167 cm (7.546 in.) 

c = 18.684 cm (7.356 in.) 

c = 16.523 cm (6.506 in.) 

x= 119.819 cm (47.173 in.) 

x = 123.386 cm (48.577 in.) 

x = 126.426 cm (49.774 in.) 

x = 127.485 cm (50.191 in.) 

x= 130.211 cm (51.264 in.) 


y/c 

y/c 

y/c 

y/c 

y/c 

0 

.0025 

0.0073 

0.0080 

0.0073 

0.0076 

0.0091 

.0050 

.0105 

.0123 

.0103 

.0107 

.0126 

.0100 

.0145 

.0155 

.0144 

.0147 

.0178 

.0200 

.0201 

.0210 

.0197 

.0201 

.0248 

.0300 

.0242 

.0247 

.0235 

.0241 

.0301 

.0400 

.0275 

.0276 

.0264 

.0271 

.0347 

.0500 

.0302 

.0300 

.0288 

.0298 

.0387 

.1000 

.0398 

.0382 

.0379 

.0396 

.0497 

.1500 

.0455 

.0436 

.0443 

.0458 

.0533 

.2000 

.0493 

.0473 

.0482 

.0484 

.0550 

.2500 

.0520 

.0499 

.0502 

.0503 

.0547 

.3000 

.0539 

.0513 

.0502 

.0504 

.0533 

.3500 

.0548 

.0517 

.0497 

.0500 

.0513 

.4000 

.0546 

.0509 

.0482 

.0479 

.0490 

.4500 

.0538 

.0489 

.0455 

.0461 

.0469 

.5000 

.0519 

.0469 

.0437 

.0426 

.0438 

.5500 

.0495 

.0439 

.0403 

.0390 

.0401 

.6000 

.0458 

.0404 

.0360 

.0355 

.0372 

.6500 

.0418 

.0363 

.0337 

.0311 

.0335 

.7000 

.0369 

.0321 

.0278 

.0272 

.0293 

.7500 

.0317 

.0276 

.0237 

.0231 

.0252 

.8000 

.0265 

.0230 

.0197 

.0190 

.0208 

.8500 

.0209 

.0180 

.0154 

.0151 

.0161 

.9000 

.0151 

.0131 

.0110 

.0106 

.0114 

.9500 

.0095 

.0079 

.0062 

.0060 

.0068 

.9700 

.0068 

.0054 

.0042 

.0038 

.0048 

.9800 

.0055 

.0044 

.0030 

.0026 

.0034 

.9900 

.0040 

.0030 

.0016 

.0015 

.0020 

.9950 

.0031 

.0021 

.0009 ■ 

.0008 

.0012 

.9975 

.0027 

.0017 

.0005 

.0005 

.0009 

1.0000 

.0022 

.0012 

.0001 

..0003 

.0005 




TABLE V.- HORIZONTAL-TAIL AIRFOIL COORDINATES 


y = 

c = 

X = 

1.080 cm (0.425 in.) 
16.441 cm (6.473 in.) 
130.947 cm (51.554 in.) 

y = 2.540 cm (1.000 in.) 
c = 15.598 cm (6.141 in.) 
x= 132.380 cm (52.118 in.) 

y = 5.080 cm (2.000 in.) 
c = 14.178 cm (5.582 in.) 
x= 134.917 cm (53.117 in.) 

y = 7.620 cm (3.000 in.) 
c = 12.764 cm (5.025 in.) 
x = 137.467 cm (54.121 in.) 


z/c 

z/c 

z/c 

z/c 


Upper Lower 

surface surface 

Upper Lower 

surface surface 

Upper Lower 

surface surface 

Upper Lower 

surface surface 







TABLE V.- HORIZONTAL-TAIL AIRFOIL COORDINATES - Concluded 


Ax/c 

y = 10.160 cm (4.000 in.) 
c = 11.346 cm (4.467 in.) 
x = 139.984 cm (55.112 in.) 

y = 12.700 cm (5.000 in.) 
c = 9.898 cm (3.897 in.) 

-x = 142.517 cm (56.109 in.) 

y = 15.240 cm (6.000 in.) 
e = 8.468 cm (3.334 in.) 
x = 145.037 cm (57.101 in.) 

y = 17.361 cm (6.835 in.) 
c = 7.244 cm (2.852 in.) 
x = 147.173 cm (57.942 in.) 

z/c 

z/c 

z/c 

z/ 

c 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

Upper 

surface 

Lower 

surface 

0 

.0025 

1.9590 

1.9494 

2.2245 

2.2132 

2.5741 

2.5642 

2.9842 

2.9734 

.0050 

1.9608 

1.9474 

2.2258 

2.2117 

2.5759 

2.5618 

2.9860 

2.9716 

.0100 

1.9631 

1.9447 

2.2276 

2.2091 

2.5783 

2.5585 

2.9884 

2.9695 

.0200 

1.9653 

1.9407 

2.2304 

2.2050 

2.5810 

2.5546 

2.9909 

2.9649 

.0300 

1.9664 

1.9369 

2.2320 

2.2017 

2.5822 

2.5513 

2.9923 

2.9611 

.0400 

1.9673 

1.9337 

2.2327 

2.1989 

2.5831 

2.5486 

2.9930 

2.9583 

.0500 

1.9680 

1.9315 

2.2333 

2.1963 

2.5837 

2.5465 

2.9940 

2.9558 

.1000 

1.9687 

1.9223 

2.2338 

2.1868 

2.5855 

2.5369 

2.9961 

2.9474 

.1500 

1.9673 

1.9156 

2.2248 

2.1799 

2.5846 

2.5305 

2.9947 

2.9400 

.2000 

1.9649 

1.9096 

2.2302 

2.1737 

2.5822 

2.5243 

2.9954 

2.9337 

.2500 

1.9617 

1.9046 

2.2271 

2.1683 

2.5789 

2.5189 

2.9895 

2.9842 

.3000 

1.9581 

1.8993 

2.2235 

2.1640 

2.5753 

2.5144 

2.9860 

2.9236 

.3500 

1.9546 

1.8948 

2.2197 

2.1599 

2.5714 

2.5099 

2.9814 

2.9197 

.4000 

1.9503 

1.8914 

2.2156 

2.1558 

2.5675 

2.5063 

2.9765 ' 

2.9158 

.4500 

1.9452 

1.8878 

2.2112 

2.1519 

2.5627 

2.5030 

2.9719 

2.9120 

.5000 

1.9405 

1.8847 

2.2061 

2.1491 

2.5570 

2.4997 

2.9674 

2.9088 

.5500 

1.9355 

1.8816 

2.2012 

2.1460 

2.5525 

2.4964 

2.9621 

2.9060 

.6000 

1.9299 

1.8787 

2.1960 

2.1427 

2.5474 

2.4940 

2.9569 

2.9036 

.6500 

1.9243 

1.8760 

2.1904 

2.1404 

2.5420 

2.4913 

2.9520 

2.9011 

.7000 

1.9187 

1.8737 

2.1848 

2.1383 

2.5360 

2.4892 

2.9464 

2.8990 

.7500 

1.9127 

1.8719 

2.1789 

2.1365 

2,5303 

2.4877 

2.9400 

2.8973 

.8000 

1.9062 

1.8706 

2.1722 

2.1350 

2.5237 

2.4862 

2.9341 

2.8959 

.8500 

1.8990 

1.8693 

2.1655 

2.1337 

2.5171 

2.4850 

2.9278 

2.8948 

.9000 

1.8919 

1.8681 

2.1583 

2.1329 

2.5102 

2.4838 

2.9215 

2.8940 

.9500 

1.8838 

1.8675 

2.1504 

2.1324 

2.5024 

2.4832 

2.9130 

2.8938 

.9700 

1.8802 

1.8675 

2.1468 

2.1322 

2.4985 

2.4838 

2.9109 

2.8945 

.9800 

1.8780 

1.8677 

2.1447 

2.1324 

2.4964 

2.4841 

2.9085 

2.8952 

.9900 

1.8751 

1.8681 

2.1414 

2.1327 

2.4940 

2.4847 

2.9043 

2.8959 

.9950 

1.8735 

1.8681 

2.1396 

2.1329 

2.4922 

2.4847 

2.9022 

2.8962 

.9975 

1.8726 

1.8684 

2.1388 

2.1332 

2.4910 

2.4850 

2.9015 

2.8962 

1.0000 

1.8715 

1.8684 

2.1378 

2.1334 

2.4901 

2.4850 

2.9011 

2.8966 









(a) Axis system. Positive values of forces, moments, and angles are indicated 
by arrows. Origin of stability axes has been displaced from moment refer- 
ence center, for clarity. 

Figure 1.- Axis system, model, tunnel geometry, and support -sting details. 
Dimensions are in centimeters, inches in parentheses. 
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(b) General arrangement of model. 
Figure 1.- Continued. 



(c) Sketch illustrating tunnel wall inserts. 
Figure 1.- Continued. 
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(a) Top 
Figure 2.- 1 


L-71-3328 

plan view, 
lews of model. 




(b) Top 45° view. 
Figure 2.- Continued. 


L-71-3405 


OO 


(c) Side view. 
Figure 2.- Continued. 


L-71-3327 




(d) Bottom 45° view. 
Figure 2.- Continued. 


L-71-3330 


03 

03 



L-71-3329 

(e) Bottom plan view. 

Figure 2.- Concluded. 



Figure 3- Cross sections of model normal to longitudinal axis. (Dashed lines indicate divisions of 
areas shown in fig. 4.) Values of x are centimeters (m.) from fuselage ape . 
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Figure 3.- Continued. 
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Figure 3.- Continued 
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Figure 3.- Continued. 
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Figure 3.- Continued. 
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y. cm 



Figure 3.- Continued 














Cross-sectional area, in 
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(a) Geometric areas. 

Figure 4.- Longitudinal variations of cross-sectional areas. 


Cross-sectional area, cm 





Cross-sectional area, 



Model station 


(B) Compensation for stream-tube 
expansion due to lift 


Maximum area at most forward 
wing trailing -edge point 


Terminus at 2/3 
wing tip chord 


Origin at intersection of 
basic-wing leading edge 


and center line 


Model station, x, in 


(b) Definition of design envelope. M = 0.99 
Figure 4.- Concluded. 



ross-sectioncil area, cm 




(c)Type IT .upper surface. 

Figure 5.- Locations of transition strips. Dimensions are in centimeters, 

inches in parentheses. 
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(a) M = 0.950. 

Figure 6.- Longitudinal aerodynamic characteristics with type I transition. /3 = 0°. 


54 







(b) M = 0.980. 
Figure 6.- Continued. 
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(b) M = 0.980. Concluded. 
Figure 6.- Continued. 
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(c) M = 0.990, Concluded. 

Figure 6.- Continued. 
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(d) M - 0.995. 
Figure 6.- Continued 
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(a) M = 0.250. 

Figure 7.- Longitudinal aerodynamic characteristics with type II transition 
except for flagged symbols, which are for type I transition. j3 = 0°. 
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(b) M = 0.500. Concluded. 
Figure 7.- Continued. 
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(c) M = 0.800. 


Figure 7.- Continued 






(c) M = 0.800. Concluded. 
Figure 7.- Continued. 
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a, deg 
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(d) M = 0.900. Concluded 
Figure 7.- Continued. 



(e) M = 0.950. 
Figure 7.- Continued. 
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(e) M = 0.950o Concluded 
Figure 7.- Continued. 







(f) M = 0.990. Concluded. 
Figure 7.- Continued. 
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(g) M = 1.010. 
Figure 7.- Concluded, 
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(a) M = 0.250. 

Figure 8.- Effect of horizontal -tail deflections on longitudinal aerodynamic 
characteristics at high angles of attack. Transition type II; j3 = 0°. 
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(b) M = 0.500. 
Figure 8.- Continued. 
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(b) M = 0.500. Concluded. 
Figure 8.- Concluded. 
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(a) Variation of drag -due -to-lift parameter and effective 
zero -lift drag with Mach number. 

Figure 9.- Variation of longitudinal aerodynamic characteristics with 
Mach number. (3 = 0°; 6^ = -1.0°. 



(b) Variation with Mach number of drag coefficient at 
lift coefficient of 0.40. 


Figure 9.- Continued. 




(c) Variation with Mach number of longitudinal stability parameter 
at lift coefficient of 0.40 and of pitching -moment coefficient at 
zero lift. 


Figure 9.- Continued. 
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(d) Variation of lift -curve slope with Mach number at 
lift coefficient of 0.40. 


Figure 9.- Concluded 






(a) M = 0.800. 

Figure 10.- Effect of sideslip on longitudinal aerodynamic characteristics. 

Transition type I; 6^ =-1.0°. 


















(c) M = 0.950. Concluded. 
Figure 10.- Continued. 
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(d) M = 0.990. Concluded. 
Figure 10.- Continued. 






(e) M = 1.010. 
Figure 10.- Concluded. 
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(a) M = 0.800. 


Figure 11.- Effect of sideslip on lateral -directional aerodynamic characteristics. 

Transition type II; 5^ = -1.0°. 
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(b) M = 0.900. 
Figure 11.- Continued. 
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(c) M = 0.950. 


Figure 11.- Continued. 
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(d) M - 0.990. 
Figure 11.- Continued. 




a, deg 


(e) M = 1.010. 
Figure 11.- Concluded. 




a, deg 


(a) M = 0.800. 

Figure 12. - Effect of model components on lateral-directional aerodynamic 
characteristics. Transition type II. 
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(b) M = 0.900. 
Figure 12.- Continued 
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(d) M = 0.990. 
Figure 12.- Concluded. 
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ure 13.- Effect of model components on lateral -directional stability parameters. 

Transition type II. 
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(c) M = 0.950. 

Figure 13.- Continued. 
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